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TPS Design for
Aerobraklng at Earth and Mars

S. D. Williams, M. M. Gietzel, W. C. Rochelle

Lockheed Engineemg and Science Co., Houston, TX

and

D. M. Curry

Lyndon B. Johnson Space Center

Summary

An investigation was made to determine the feasibility of using an aerobrake system for manned
and unmanned missions to Mars, and to Earth from Mars and lunar orbits.

A preliminary Thermal Protection System (TPS) is examined for five unmanned small nose
radius, straight biconic vehicles, and a scaled-up Aeroassisted Flight Experiment (AFE) vehicle
aerocapturing at Mars. Analysis is also presented for the scaled-up AFE and an unmanned
Sample Return Cannister (SRC) returning from Mars and aerocapturing into Earth orbit. Also

analyzed were three different classes of Lunar Transfer Vehicles (LTVs): an expendable
scaled-up modified Apollo Command Module (CM), a raked cone (modified AFE), and three
large nose radius domed cylinders. The LTVs would be used to transport personnel and sup-
plies between Earth and the Moon in order to establish a manned base on the lunar surface.

The TPS assessments for the Mars aerocapturing vehicles are made assuming either current
material technology or advanced material using technology that should be available during the
next decade. For the LTVs the TPS assessment is made assuming only advanced TPS mate-

rial technology.

The TPS for all vehicles analyzed are shown to have an advantage over an all-propulsive

velocity reduction for orbit insertion. Results indicate that TPS weight penalties of less than
28% can be achieved using current material technology for biconic vehicles entering Mars at 12
km/s or slower, but if advanced material technology is assumed, TPS weight penalties less than
23% can be achieved.

This study also indicates that a 12.2 m AFE aerocapturing at both Mars and Earth can be
developed with a TPS weight penalty 50% less than that required for the small unmanned SRC
using current material technology, and slightly less than the most favorable LTV using advanced
material technology.

Introduction

Increased interest in the exploration of the solar system has been reflected in a renewed aware-
ness for activities in space station planning, lunar base design, and related space exploration

initiatives. In these preliminary design scenarios, it is assumed that the technology exists for
transporting men from Earth to the Moon and back. However, due to the success of the Apollo
and Shuttle Orbiter programs, the expectations for utilization of current technologies are greater

today than in the past.



Two possible techniques can be used to place the vehicle in an initial parking orbit: propulsive
burn and aerobraking. In an aerobraking system, a vehicle utilizes the planet's gravitational
forces and atmosphere to reduce velocity, capture the vehicle, and place it into orbit. The

aerobraking concept is intrinsically more desirable, from a conceptual viewpoint, than propulsive
velocity reductions since this theoretically permits more vehicle weight to be used for payload
instead of fuel. Roberts 1found that a typical TPS plus structural weight to total vehicle weight
ratio of 30% to 40% was favorable for aerobraking when considering weight tradeoffs for orbit

transfers from Low Earth Orbit (LEO) to Geosynchronous Earth orbit (GEO). Roberts also
indicated that from a practical viewpoint, due to the greater complexity posed by aerobraking,

the tradeoff point is realistically more favorable at 20%, with 15% being even more desirable.
For a round trip delivery from LEO to GEE) or LEO to the lunar surface and back, similar results
were obtained. For example, a 17% TPS weight penalty yields a 76% increase in payload over

an all-propulsive stage for a lunar surface to LEO mission.

Current design scenarios call for establishing a base on the lunar surface and for developing a
transportation system from the lunar orbit to Earth orbit prior to developing the transportation
system to Mars. This analysis is directed towards aerobraking systems in which the vehicle is
placed in a parking orbit about either Earth or Mars.

The TPS design requirements for manned spacecraft that enter Earth's atmosphere from a
lunar orbit are more demanding than those required for the Space Shuttle Orbiter. This is due,
in part, to the increased velocities required from vehicles entering from a lunar orbit instead of
from LEO. Convective and radiative environments for vehicles entering the Earth's atmosphere
have been extensively investigated. Lee and Goodrich, 2 for instance, compared pressure,
convective, and radiative heating rate history data on the Apollo CM with wind tunnel data.
Ried, Rochelle, and Milhoan developed the QRAD program 3 to calculate radiation heating to

blunt bodies entering the Earth's atmosphere.

A lesser number of investigations have been concerned with entry into planetary atmospheres
having constituent gases differing from air. Of particular interest was an investigation in 1965 by
Marvin and Deiwert 4 that found the largest stagnation point heat transfer at constant flight

velocity was obtained for argon, carbon dioxide, and air, respectively. Also of interest was a
paper by Sutton and Graves s in which they developed a general stagnation convective heating
equation for arbitrary gas mixtures and found that heating in CO 2 was approximately 5% to 10%
higher than for air. Sutton 6 later developed a technique for calculating the radiation heating for a

blunt body entering a CO 2 atmosphere.

Recent trajectory and simplified heating analyses for Mars entry and return missions have been
performed by Tauber, Palmer, and Yang,7and by Tauber, Bowles, and Yang. 8 Other, more
detailed flow-field and heating analyses for Mars entry and return have been reported by Park,
Howe, Jaffe, and Candler, 9 by Gupta, Sutton, Moss, and Lee,lO and by Carlson and Gally.ll

In all of the above studies, however, there was no vehicle TPS analysis performed. Williams,

Pavlosky, and Curry 12reported combined heating and TPS analysis for Mars-Earth entries.

Henline 13subsequently reported a combined heating and TPS analysis for four separate
ablators for a single vehicle. This analysis was only at the stagnation point, whereas in the work
by Williams, et ai., different vehicles and missions were considered with heating distributions,
and a TPS sizing analysis was performed for each vehicle.

In the study by Williams, Pavlosky, and Curry, 12 it was shown that for the unmanned SRC
returning from Mars it was necessary to use an ablator for aerocapturing in the Earth's atmo-
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sphere. For this vehicle, a subscaled Apollo CM, the radiation equilibrium temperatures for a

fully catalytic surface exceeded 2600°C. Using finite catalytic surface models, the radiation
equilibrium temperatures for the LTV vehicles analyzed in this study were less than 2100°C for
the moderate lift-to-drag ratio (L/D) vehicle (m/CLS = 409 kg/mZ), and less than 1700°C for the
low L/D vehicle (m/CLS = 312 kg/mZ).

Five vehicles with three different configuration designs were analyzed to determine if

aerobraking would be a viable alternative to an all-propulsive system for large man-rated ve-
hicles returning from the moon. The LTVs included an expendable scaled-up Apollo CM, four
reusable vehicles, a raked cone, and three large nose radius domed cylinders. The TPS for

these vehicles was designed assuming advanced material technology that should be available

by the end of the decade. One of the objectives was to assess whether a reusable TPS design
could be developed for these vehicles in order to minimize repair and refurbishment costs. With
the exception of the expendable vehicle, this objective can technically be achieved. Addition-
ally, it was shown that the raked cone and the high angle-of-attack domed cylinder could

achieve this objective with material technology development.

For the vehicles entering the Martian atmosphere, only the unmanned, low velocity, small nose
radius, biconic vehicles do not require an ablative TPS. At higher velocities ablators will be
required, but the advantage of aerobraking for velocity reduction and orbital insertion is retained.

The TPS for the 12.2 m AFE was analyzed using both advanced and current material technol-

ogy. This vehicle, which aerocaptures at both Mars and Earth, can be developed with a TPS

weight penalty that favors aerobraking. This provides a potential vehicle design that could be
used to transport a crew and supplies between the Earth and Mars with an ablative TPS that

requires refurbishment and maintenance after returning to Earth orbit.

This document will discuss in detail the vehicle configurations, trajectory definitions, and aerody-

namic heating for aerobraking at Mars and Earth. TPS and structural materials used in the
analyses associated with these missions are also presented. These results are then used to
substantiate the payload benefits for both lunar return, Mars entry, and return aerobraking.

Vehicle ConfiguraUons

Three classes of LTVs are considered in this analysis: the moderate L/D domed cylinders

(modified biconics), a low L/D raked-off right circular cone (modified AFE), and an expendable
(scaled-up Apollo CM). 14,15 The two classes of vehicles that are being considered for entering
the Martian atmosphere are the small nose radius biconics and the scaled up AFE. TM The

scaled-up AFE and the SRC return from Mars to Earth. A sketch of these vehicles can be seen

in figure 1.

The ground rules for the baseline LTVs used in this analysis stipulated construction would be on
Earth (n0 on'orbit construction) and use a single stage compatible With a single launch lunar
mission. These vehicles would be designed with a TPS using advanced TPS material technol-
ogy, and use a composite material for the aeroshell structure. Advanced material TPS technol-

ogy implies that this class of materials should be available within the next decade in opposition
to the current material technology that is now available.

Similarly, for the unmanned Mars Rover Sample Return (MRSR) vehicles, it was stipulated that
the vehicles be constructed on Earth and be dimensionally restricted such that they could be
carried into Earth orbit in the Shuttle Orbiter payload bay. The TPS analyses for these vehicles

3



werebasedonbothcurrentandadvancedmaterialtechnology.Similargroundrulesfor the
SRCandscaled-upAFETPSandstructurewereassumedto be valid.

Thephysical characteristics for each vehicle are summarized in table I. The modified Apollo
Command Module is a scaled-up version of the original CM designed to fit in the Orbiter pay-
load bay. This vehicle is smaller than the other LTVs since it is expendable and jettisons all

systems (including propulsion) not required to support the crew before entering the Earth's
atmosphere. The design used in this analysis has a 4.37 m base diameter vehicle as opposed
to the original CM's 3.91 m diameter. 17

The raked cone vehicle (a modified AFE) is a raked-off right circular cone with low L/D. The

cone half angle is 55 ° with a raked cut of 70 °. This differs slightly from the AFE design which
has an ellipsoid and an elliptical cone with circular cross sections in planes perpendicular to the
cone axis.

The super-cargo-sized domed cylinder vehicle is 22.86 m long and 10.67 m in diameter, while
the two smaller domed cylinder vehicles analyzed are 19.81m long and 8.53 m in diameter.

Two biconic vehicles considered in this analysis have a 0.30 m and a 0.61 m nose radius (RN).

The vehicles measure 9.91 m in total length with a 6.96 m aft conical section supporting a base
diameter of 4.57 m and a 4° cone half angle. The 3.81 m forward section consists of the
spherical nose cap attached to the conical section, which has cone half angle of either 23.55 ° or
20.69 °, depending on the nose radius.

The AFE with the 12.2 m base diameter performs an aerocapture at Mars and returns to Earth,
undergoing a second aerocapture maneuver. This vehicle is a scaled-up version of the original
4.27 m base diameter AFE. It was assumed to have an Earth entry weight of 13,151 kg, which
is the same as determined from the work of Scott, et al., is for a 12.2 m AFE designed to enter
from GEO.

The SRC is a subscaled Apollo CM with a base diameter of 1.8 m, and is carried to Mars in one
of the biconlcs. The SRC returns to Earth for aerocapture after jettisoning its main propulsion
system, retaining only the systems required for the specimen taken from the Martain surface.

For these vehicles, any reaction control systems and control surfaces were included as part of
the vehicle weight at entry interface.

Trajectory DeflnlUon

Aerocapturing into orbit about a planetary object is a complex multifaceted problem involving
uncertainties in the entry trajectory, planetary atmospheric modeling, and vehicle aerodynamic
characteristics. Reference trajectories selected for aerocapture are designed to place the

vehicles in a 500 km by 500 km orbit, both at Mars and at Earth. The characteristic parameters
used to develop all trajectories can be seen in table I.

The LTV trajectories are designed to produce a maximum force of less than 5 Gs on the crew.
The altitude profiles for these vehicles can be seen in figure 2, and the velocity profiles are

presented in figure 3. From these figures it is clear that the Apollo CM penetrates deeper into
the atmosphere (59.5 km) than the other LTVs, and the raked cone enters shallower (70.6 km)
and remains longer in the atmosphere. The behavior of the three domed cylinders was fairly
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similarwitha maximumaltitudevariationof4 km,from 64.6kmfor the vehicleenteringat 40° to
68.2km for the vehicle entering at 57 °. The stagnation pressure profiles for these vehicles can

be seen in figure 4.

An L/D of 1.0 for the biconic vehicles provides the control authority required for the aeropass
maneuver. The trajectories for these vehicles were analyzed in a previous study, entering
the Martian atmosphere at 5.89 km/s and 7.81 km/s with a constant angle of attack (a) of 27 °
and 20 °, respectively. The low velocity trajectory was rerun using a slightly lower velocity

(5.88 km/s), but with the same flight path angle and angle of attack. The two new trajectories
have higher entry velocities of 9.75 km/s and 11.76 km/s and are defined for a vehicle entering
at a = 20 °, the same as used for the 8 km/s trajectory.

The 0.3 m RN vehicle was analyzed only for the 6 km/s trajectory, with respect to heating and
TPS assessments, while the 0.61 m RN vehicle was analyzed for all four trajectories (6, 8, 10,

and 12 km/s). Figures 5, 6, and 7 show the altitude, velocity, and stagnation pressure as a
function of time for these trajectories. In general, the higher the initial velocity the deeper the
penetration into the atmosphere and the longer the vehicle remains in the atmosphere before
exiting to orbital flight conditions.

Similar to the domed cylinder LTVs, the biconics had a variation of 4 km over the 6 km/s velocity

range. A minimum altitude of 42.1 km was attained by the vehicle entering at 12 km/s in com-
parison to the 46.5 km altitude attained by the 6 km/s biconic. In comparison with the lower lED
LTVs, the biconics remain in the atmosphere approximately twice as long and penetrate deeper

into the atmosphere.

The 12.2 m modified AFE enters Mars' atmosphere at the moderate 8 km/s velocity similar to
that for the MRSR biconic vehicle, except that this vehicle enters at a = 0° (natural trim of 17°)
instead of the 20 ° used for the biconic. The AFE trajectories are designed to produce a maxi-
mum force of less than 5 Gs on the crew.

The flight path angles were fairly similar for all vehicles aerocapturing at Mars. Figures 5, 6, and
7 also show the altitude, velocity, and pressure as a function of time for the Mars trajectory,
while figures 2, 3, and 4 provide the same information for the return to Earth. With its low L/D,
the AFE does not provide the same control authority during the aeropass maneuver as is af-
forded the biconics. At this time this vehicle would not be considered for a Mars aerocapture
due to this lack of control authority; however, it was included in this analysis to provide realistic

estimates for a man-rated vehicle TPS aerocapturing at Mars.

The 12.2 m AFE utilizes a high velocity (12 km/s) Earth aerocapture trajectory similar to that

used by the SRC. For the Earth aerocapture, the uncertainties in guidance, navigation, and
atmospheric characteristics are more acceptable, and the AFE design can be used with confi-

dence for this trajectory.

The altitude, velocity, and pressure as a function of time for the SRC are shown in figures 2, 3,
and 4, respectively, along with the LTVs and AFE. From these figures it can be seen that the
Mars return vehicles enter at higher velocity and penetrate shallower into the atmosphere than
the same corresponding class LTV: 68.9 km for the SRC, and 72 km for the AFE. At Mars the
AFE's minimum altitude was 42.8 km, a difference of almost 30 km, even though the maximum

stagnation pressure was approximately the same (5.25 x 10.2 atm at Mars versus 3.46 x 10 .2
atm at Earth).
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Aerodynamic Heating

After thetrajectoryhasbeendefinedfor the vehicles being analyzed, the aerothermodynamic
(convective/radiative) heating environment can be predicted. Usually, to a first-order approxi-
mation, the programs used to determine trajectories can provide stagnation heating rate values;
however, the analysis used in this investigation required an approximation to the two-dimen-
sional (2-D) and 3-D effects for real gas (air or CO2). A heating distribution for an equilibrium
flow approximating a fully catalytic surface at the peak heating condition was used. Selected

time points were used to define the convective and radiative stagnation heating for the entry
trajectory.

The MINIVER 19program was used to calculate the initial approximation of the convective
heating rates for the LTV trajectories. The MINIVER program is able to approximate heating to
simple geometric shapes once the free stream properties have been defined either by input or
trajectory and atmosphere. It was used to define the stagnation heating to the reference
spheres for a fully catalytic surface using the method of Fay and Riddell. 2o For the raked cone
an effective radius of 7.2 m was used; 0.9 m and 2.2 m were used for the SRC and scaled-up
Apollo CM; 5.3 m and 4.3 m were used for the domed cylinders; and 6.6 m for the AFE.

The Boundary Layer Integral Matrix Procedure (BLIMP) computer program 21 was used to
determine the convective stagnation heating rate for these vehicles and the QRAD program was
used to calculate the radiative heating for Earth entry. BLIMP computes the heating based on
the nonsimilar chemically reacting laminar or turbulent boundary layer. The BLIMP calculations

may be prerformed for either local thermodynamic equilibrium, fully catalytic wall or for
nonequilibrium flow with a partially catalytic wall. The MINIVER data used by BLIMP were the

stagnation enthalpy and pressure. The stagnation enthalpy, hstag,is calculated as

2

= _ + h= + Zat=Ah °hstag
!

where the subscripts stag and oorefer to stagnation and free stream conditions. The subscript i

refers to the individual species, the heat of formation is represented by Ah °, and the aeo are the
mass fractions for the individual species.

An equilibrium flow condition was used to calculate the convective heating to establish mass
fractions at the boundary layer edge. For Earth entry, mass fractions were calculated for five
species: O, 02, N, N2, and NO. In air, the heat of formation is zero for N2 and 02, and the

stagnation enthalpy is a function of only velocity and altitude.

A wall temperature iteration program was developed for BLIMP such that the radiation equilib-
rium temperature, Tre, was computed at each station based on the sum of the convective heat-
ing rate, qc, and radiative heating rate, qr, as

I 1Tr¢= qc + Cir.
GB

The MINIVER data used by the QRAD program were the altitude, relative velocity, free stream
density, stagnation enthalpy, and stagnation pressure. The QRAD program uses the sum of the

equilibrium and nonequilibrium air radiation. The equilibrium method uses a four band model
(infrared (IR) lines, visible continuum, ultraviolet (UV) lines, and UV continuum). The
nonequilibrium model includes binary scaling (velocity dependent), and is collision limited at
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highaltitudes. Bothmodelsincluderadiationcooling,self absorptionof UV,and3-Deffects.
The BLIMPprogramwasusedto calculatetheheatingdistributionat peak heatingconditions.
Additionaldiscussionon the aerodynamicheatinganalysisfor thesevehiclescanbe foundin a
paperby Rochelle,et. al. 22

A gradual solar heating buildup to 4.54x10 -2 w/crn 2 at 5000 seconds was assumed for all sur-
faces as the vehicle exited the Earth's atmosphere after the aeropass. This solar heating then

decayed linearly to 2.27x10 -2 w/cm 2 at 10,000 seconds to represent a managed solar thermal
environment. Typically, bond line and structure temperatures exhibit little change from the initial
conditions at the time of maximum surface heating and reach their peaks during the long soak

back when the surface heating and structural loads are minimal.

The convective, radiative, and total heating (convective and radiative) at the stagnation point for
the vehicles entering the Earth's atmosphere can be seen in figures 8, 9, and 10, respectively.
For the raked cone it can be seen that the convective heating is approximately 50% greater than

the radiative heating for a peak combined heating of 71.2 w/cm 2. It can also be seen that the
radiative heating drops off more rapidly after peaking than the convective heating. For the
modified CM it can be seen that the convective heating is approximately the same magnitude as
the radiative heating for a peak combined heating of 244.1 w/cm 2. The radiation peaks approxi-
mately 4 seconds earlier than the convective heating. It can also be seen that the radiative

heating drops off more rapidly after peaking than the convective heating.

Similarly, for the domed cylinder vehicles it can be seen that the convective and radiative heat-
ing are approximately the same magnitude, although the peaks are at slightly different times.
As with the modified CM and raked cone, the radiation heating decays more rapidly than the

convective heating. The greatest convective heating was developed for the SRC (223.9
w/cm2). Due to its smaller effective radius, the radiation heating (36.9 w/cm 2) was approxi-
mately the same as for the lowest of the domed cylinders (38.0 w/cm2).

A summary of the peak heating conditions for these vehicles can be found in table II. A sum-
mary tabulation of the stagnation point heating and pressure data for these vehicles can be
found in table III.

The BLIMP computer program was also used to determine the convective stagnation heating
rate for the biconic trajectories for Mars entry. The heating rates were calculated for equilibrium
flow with BLIMP assuming a 100% CO2 atmosphere. Mass fractions were calculated for five
species: C, O, CO, CO2, and 02. As opposed to air, the heat of formation for CO2 is -94,052
cal/mole, and the third term is significant in the stagnation enthalpy calculation.

The Radiating Inviscid Flow stagnation Point Program 23 (RIFSP) developedby Sutton, was
used to calculate radiation heating rates for the biconic vehicles. The method employed by
RIFSP is based on a radiatively coupled solution of the inviscid flow equations at the stagnation
of a hemisphere, s The radiation model is coupled to the RAD/EQUlL program developed by
Nicolet. 24 This radiation model includes the atomic line, continuum, and molecular band transi-

tions from UV to IR. This nongray radiative method calculates the absorption coefficient as a
function of the wavelength. Additional discussion of the aerodynamic heating analysis for these
vehicles can be found in the paper by Rochelle, et al.22

The convective, radiative, and total heating rates for the Mars bicontc vehicles are shown in
figures 11, 12, and 13, respectively. The peak stagnation heating was 44.2 w/cm 2, 121 w/crn 2,
237 w/cm 2, and 456 w/cm 2for the 6 km/s, 8 km/s, 10 km/s, and 12 km/s trajectories, respec-
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tively,assuminga 0.61 m R N. For the 0.3 m RN 6 km/s trajectory, the peak heating was 62.5
w/cm2. The radiative heating for the vehicle entering at 6 km/s was negligible, but for higher
velocities the contribution from radiation cannot be ignored. The peak radiative heating rate for
the vehicle entering at 8 km/s was 8.9 w/cm 2, at 10 km/s it was 34.2 w/cm 2 (14.4% of the

convective heating), while for the biconic entering at 12 km/s, the radiative heating increased to
338.7 w/m 2 (73% of the convective heating). The 12.2 m AFE had a peak convective, radiative,
and combined heating of 31.7 w/cm 2, 19.5 w/cm 2, and 51.2 w/cm 2, respectively.

For both the Mars entry and Earth entry analyses, it was assumed that the radiative and con-
vective heating calculations were uncoupled. Also, the effects of ablation products on reducing
the radiative heating were not considered.

A gradual solar heating buildup to 4.54x10 .2 w/cm 2 at 5000 seconds was assumed for all sur-

faces as the vehicle exited the Martian atmosphere after the aeropass. This solar heating then
decayed linearly to 2.27xl 0-2 w/cm 2 at 10,000 seconds to represent a managed solar thermal
environment. A summary tabulation of the peak heating conditions for these vehicles can be
found in table i1. A summary tabulation of the stagnation point heating and pressure data for
these vehicles can be found in table IV.

The BLIMP program was used to calculate the convective heating distribution at peak heating

conditions using the methods described earlier for the vehicles entering the Earth's atmosphere.
For all vehicles except the Apollo-shaped vehicles, the radiative heating distribution was as-
sumed to be the same as the convective heating distribution. In addition to the data require-
ments mentioned previously, pressure distributions were obtained at peak heating conditions for
each vehicle. The raked cones pressure distribution is based on an inviscid nonequilibrium
Euler solution calculated by Gomez. 2s The domed cylinder's pressure distribution was calcu-
lated by Stuart. 26 Pressure distributions for these vehicles can be seen in figure 14. The pres-
sure distributions for the Apollo-shaped vehicles were not used since the heating distribution
data were assumed to be the same as for the original CM.

The convective heating distribution data were taken from figures presented by Lee, Bertin, and
Goodrich 17and the radiative heating distribution data were taken from Ried, Rochelle, and
Milhoan. 3 The heating distribution for the AFE was assumed to be the same as for the original

AFE. 27 Heating distribution curves for these vehicles are presented in figure 15. The data for
the Apollo-shaped vehicles in figures 14 and 15 are actually a function of S/R instead of the S/L
shown for the abscissa.

The BLIMP program was used to calculate the heating distribution at peak heating conditions
using the methods described earlier for the vehicles entering the Mars atmosphere. Pressure

distributions were calculated by Stuart at peak heating conditions for the 0.3 m RN biconic
vehicle entering at 6 km/s and for the 0.61 m RN biconic vehicle entering at 8 km/s for a CO2
atmosphere. 28 These pressure distributions can be seen in figure 16. The heating distributions
calculated for the 8 km/s trajectory were assumed to be valid for trajectories for all 0.61 m R N

biconics, see figure 17. The same heating distribution used at Earth was used at Mars for the
AFE.

Turbulent flow heating was not included in this analysis as the values of Ree were less than 300
for all vehicles considered. For the Shuttle Orbiter, transition was not observed to occur until a

value of approximately 400 was obtained for Ree. 29
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TPSMaterials

Thermalprotectionsystemsweredesignedforthesevehicleconfigurationsusingstate-of-the-
art materialswithan energy weight fraction calculated to show whether aerocapture was a
viable alternative to an all-propulsive capture. The TPS design analysis is concerned only with
the short period of dominant heating during the atmospheric aeropass and subsequent thermal
soakback.

As was mentioned earlier, the ground rules for this analysis permitted use of material technol-

ogy that should be available within the next decade. The ground rules also called for a compos-
ite material for the aeroshell structure.

The assumptions made in the material selection for this analysis are based on anticipated
surface temperatures. For all vehicles where a Reusable Surface Insulation (RSI) material

cannot be used due to material temperature limitation, an ablator, AVCO-5026-H/CG, was used.
AVCO-5026-H/CG is a charring ablator that was used for thermal protection on the Apollo CM.
Due to its use during the Apollo program, more detailed knowledge exists for this material than
any other ablator. It consists of phenolic microballons embedded in a Novolac resin which is
formed in phenolic honeycomb cells. It has a virgin density of 513 kg/m 3 and a char density of

320 kg/m 3.

For the reusable LTVs, however, it is assumed that a material similar in thermophysical proper-

ties to Advanced Carbon/Carbon (ACC) will be available to withstand the surface temperatures
above 1927°C. For this analysis it was assumed that the carbon/carbon system was seven

plies thick (0.229 mm). The secondary thermal insulation selected for this system was a
Cerachrome blanket with a nominal density of 192 kg/m 3. It is assumed that the Cerachrome
will be tied to the structure and that good thermal contact will be maintained throughout the flight

regime. It should be stressed that it is not proposed that the current state of development would
permit ACC to be used at these elevated temperatures (above 1649°C), but it is anticipated that
by the end of the decade a material with similar thermophysical properties to ACC could be
developed and used for spacecraft design at these temperatures. This New Advanced Carbon/
Carbon material will be referred to as NACC.

For surface temperatures between 1483°C and 1927°C, it was assumed that a material similar
to FRCI-12 could be used. FRCI-12 is coated with reaction cured glass (RCG) and has a

surface emissivity of 0.85. This coating is 0.0381 cm thick, and the minimum thickness for
FRCI-12 with the coating is 0.813 cm. FRCI-12 has a nominal density of 192 kg/m 3. This new
Rigid Fibrous Ceramic material will be referred to as RFC. It should be stressed that we are not
proposing that the silica-based material, FRCI-12, will be used at temperatures above 1483°C,

but rather we are suggesting, as with NACC, that an alternate RFC material, possibly zirconium,
could be developed that would have thermophysical properties similar to those possessed by
FRCI-12, and be capable of operating at these elevated temperatures.

Unlike Cerachrome, the ceramic materials are bonded to a NOMEX felt, which is bonded to the
structure. The felt acts as a Strain Isolation Pad (SIP) between the insulator and structure.
RTV-560 is assumed to be the bonding adhesive. RTV-560 has a temperature service limit of
288°C while NOMEX felt has a temperature service limit of 444°C (thermophysical property
values are tabulated up to 538°C). Thus, the temperature service limit for the SIP is constrained
to 288°C. The assumed thickness for the RTV-560 and felt are 0.1905 mm and 4.064 mm,

respectively. The TPS materials used in this analysis and their assumed service temperature
limits are shown in table V.
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Anotheradvancedceramicmaterialusedfor TPSdesignis a hightemperatureperformance
material(96.1kg/m3)designatedas HTP-6. HTP-6wasusedin thoseareaswherea minimum
LI-900materialthicknesswas predicted.All materials except HTP-6, NACC, and RFC are flight
certified. Standard data book conductivity values were used for aerocapture at Earth, and

calculated conductivity values for RFC, FRCI-12, LI-900, and HTP-6 in a CO2 atmosphere were
used for the Mars aerocapture. FRCI-12 and RFC conductivity values were extrapolated from
927°C to 1649°C in air and CO2. The thermal response of these materials is a function of
density, temperature, and pressure. The thermal response of NOMEX felt is also sensitive to
changes in temperature and pressure but no attempt was made to calculate the conductivity in a
CO2 atmosphere for this material.

Sensitivity to pressure is particularly important for aeropass TPS design since most of the
heating occurs at pressures below 7.9 x 10.2 atmospheres for the reusable LTVs; below 5.9 x
10 -2 atmospheres for the AFE; the 6 km/s and 8 km/s biconics; and below 1.8 x 10.2 atmo-
spheres for the 10 km/s and 12 km/s biconics (see figures 4 and 7).

Structural Materials

The material selected for use in the thermal analysis for the LTVs and AFE consisted of a
lightweight honeycomb composite consisting of graphite epoxy face sheets with a NOMEX
paper honeycomb core (G/E Honeycomb). The structure design parameters are two 0.4064
mm graphite epoxy face sheets sandwiching the 3.81 cm honeycomb core with a maximum use
temperature of 177°C.

The aeroshell for each LTV was sized for Earth entry 3owith the thrust structure accounted for in
the dry mass vehicle sizing program. Time did not permit the integration of the aerosheil and

thrust structures to optimize structure mass. Most designs had a 1.4 factor of safety using the
graphite epoxy honeycomb structure. The structure for the CM was scaled up from the original
Apollo CM from data provided by Heineman. 31

The structural materials used for the biconics and SRC were Graphite Epoxy (G/E) and alumi-
num. The G/E structure was used behind the ablator portion of the biconic vehicles, and has a
maximum reuse temperature of 316°C. The structure used for the RSI materials on the biconic

vehicles consisted of a 1.01 6 mm thick aluminum plate. This was found to provide the lowest
TPS weight penalty of all of the structures considered in the previous MRSR paper. The maxi-
mum reuse temperature limit for the aluminum was 288°C. For the 12.2 m modified AFE, the
same aeroshell structure used by the LTVs was assumed.

TPS Sizing

The AESOP-STAB thermal analysis program 32was used to calculate the minimUm weight
TPS for the ablative system and the AESOP-THERM thermal analysis program 33 was used to
calculate the minimum weight TPS for RSI materials. Typically, the minimum weight condition is
subject to temperature constraints imposed on the backwall of selected materials. These
programs are actually segregated into two parts: the optimization portion which controls the
numerical process to minimize the TPS subject to the temperature constraints, and the thermal
analysis portion which calculates the thermal response of the system subject to the initial and

boundary conditions. Since only one material was permitted to vary In this analysis a simple

quadratic fit was selected for material minimization.

10



Theresponseof a charringablationmaterialto a highvelocity,hyperthermalatmosphericentry
environmentis the resultof complexphysicochemicalprocesses.A sketchof a simplifiedphysi-
calsystemforthe charringablatorcanbeseenin figure18.

Thebasicablationmechanismmodeledin theAESOP-STABprogramis thepyrolysisof abla-
tivematerialdescribedby theexpression

Virginmaterial ---) gas+ char

Thisprocessis assumedto occurin the "reaction zone" defined by temperature and density
limits.

In addition to the basic pyrolysis of virgin ablator, the following energy transport mechanisms

may occur

transport by convection of the pyrolysis gases through the porous char,
transport by conduction throughout the entire system,
transport by reactions between the char and pyrolysis gas products such as redeposition
of pyrolysis gas products on the char structure (coking) and reactions between char and

pyrolysis gas constituents.

A sketch of the surface energy balance can be seen in figure 19.

Mathematically, the program is structured so the ablator must be attached to a backup material
or carrier plate. Subsequent material backwall boundary conditions include: adiabatic, perfect
thermal contact with another material, air gap with or without fluid flow, and a cabin sink.

The nonablating thermal model (AESOP-THERM) also incorporates these boundary conditions.
Both programs incorporate a technique that bounds the surface temperature. 34 Sketches of
representative thermal models used for reusable materials can be seen in figure 20, and for the

ablator in figure 21.

TPS sizing techniques, as described by Williams, et al., 35 were employed in this analysis to

assess the relative performance of the various insulation systems. The nondimensional heating
distributions used in this analysis are shown in figures 15 and 17. As an additional aid in mate-
rial selection it is convenient to view the predicted radiation temperature (Tre) as a function of
the wetted length at the peak heating conditions. This can be calculated by using the peak
heating and heating distribution curves. A representative curve used in the LTV analysis can be

seen in figure 22.

For the biconic vehicles aerocapturing at Mars the 0.61 m RN vehicle design with current materi-
als, and the 0.3 m RN vehicle with advanced TPS materials entering at 6 km/s will not require
the use of an ablator. In contrast, for the 12 km/s trajectory the entire lower surface will require

an ablator to protect the structure. Likewise, for the modified AFE an ablator will be required at
both Mars and Earth. This dual entry presents an additional complication in that the analysis for
Earth aerocapture requires that the ablator enter with an initial char and surface recession
established at Mars. All other ablation analyses initiate entry assuming a virgin ablator.

The 0.61 m RN vehicle entering Mars at 6 km/s did not require an ablator. If the advanced

ceramic, RFC, with a 1927°C temperature limit is available, then an ablator will not be required
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for the 0.3m RN vehicle entering at 6 km/s. All other biconic vehicles will require an ablator in
the region of high heating. Minimum TPS unit weights were calculated, subject to temperature
constraints, for several heat factors for RFC, FRCI-12, and LI-900. The minimum material

condition (MMC) assumed for this analysis was 0.81 cm for the RSI and ablator on SIP, and

either 1.26 cm or 0.81 cm for the ablator without SIP, depending on whether RSI material exists
downstream of the ablator. FRSI is considered for use in areas where the surface temperature
is calculated to be under 371°C.

In a similar manner, it can be seen that the modified AFE will require an ablator both at Mars

and Earth. A comparison of the peak heating rates and radiation equilibrium temperatures for
all vehicles analyzed can be seen in table I1.

Since the 12.2 m AFE performs two aerocaptures, the analysis is unlike previous analyses, i.e.,
considering only one aerocapture. Identical heat factor distributions were assumed at both

Mars and Earth, and the sizing for the RSI materials is straightforward. The optimum TPS unit
weights were calculated for each material at several heat factors for both Mars and Earth
aerocaptures. Then, for each heat factor, the maximum between Mars and Earth optimum
thicknesses were selected for the design thickness.

The ablation analysis for this vehicle, however, required a two-step process. AESOP-STAB
analysis runs were performed at Mars and Earth. Some surface recession and mass loss were
predicted at Mars. The recession and char depths were established as initial conditions for the
Earth aerocapture. Thermophysical properties for the charred ablator were identical at both
Mars and Earth. The density in the region in the ablator between total char and virgin material
was approximated by the method described in the AESOP-STAB update. 3s With these initial
conditions the optimum ablator thickness was calculated for each appropriate heat factor.
Ablator thicknesses were also calculated at Mars to ensure that a thicker ablator would not be

required for the Mars aerocapture.

Only thermal response of the ablator at Earth will be discussed since it is where the critical
sizing is required, although some comparison will be made with the heating and ablation at

Mars. The response of the ablator at the point of maximum heating (stagnation point) during the
Mars aerocapture can be seen in figure 23, which shows the temperature time history of the
ablator surface, ablator backwall, and G/E Honeycomb backwall for the first 2000 seconds.
From this figure it can be seen that the peak surface temperature was approximately 1266°C.
The ablation rate for this heating can be seen in figure 24.

In figure 25 the corresponding thermal response can be seen for the aerocapture after the
return to Earth from Mars. The peak surface temperature of 1805°C occurred around 70 sec-
onds while the peak on the G/E face sheet occurred much later in time, around 4500 seconds.
The 316°C isotherm reached a depth of 1.84 cm, the 538°C isotherm maximum depth was 1.37
cm, and the 1024°C isotherm maximum depth was 0.84 cm.

The initial char values are not zero since some mass loss was calculated to occur at Mars (see
figure 26). The initial values differ slightly from the values calculated from the Mars aerocapture
which were 0.79 cm (0.9 char ratio) and 0.56 cm (0.1 char ratio). The approximation to the
density between char ratios of 0.0 and 1.0 produced an error of 7% at the 0.9 char density ratio,

and is within an acceptable tolerance level since the density curve is relatively flat in this region.

For the Earth aerocapture, the 0.1 and 0.9 char density ratio depths were 1.23 cm and 1.49 cm,
respectively. This approximation started with an initial recession of 0.18 mm due to the Mars
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aerocapture,and achieveda maximumrecessiondepthof 0.58mmat approximately200
seconds. It is interestingto observethatmaximumablationrateat Earthwasslightly lessthan
thatcalculatedat Marseven though the surface temperature was approximately 540°C greater

than that at Mars (see figures 24 and 27). This probably can be attributed to the pre-char
condition that exists at Earth for the returning vehicle.

Weight Analysis

The TPS penalty factors used in this analysis TIT, qS, and TITS are defined as:

I_T = 100 TPS weight
Total vehicle weight

TIs = 100 Structural weight
Total vehicle weight

TITS= TIT + l_s.

where the structural weight consists of the aeroshell and any rings, stringers, or stiffeners

required.

Determination of a vehicle weight is a very complicated iterative process, especially during the
early stages of the preliminary design. Initially, the weight is used as one of the characteristic
parameters for designing the trajectory and vehicle geometry. No growth contingency factors
are provided for TPS weights or temperatures in this paper.

The thermal analysis results are summarized in figures 28 and 29 which show the typical heat
load versus TPS unit weight curves for the biconics and LTVs. In these plots the corresponding
weight for each TPS analyzed is shown for direct comparison. It is interesting to observe not
only the large difference between the classes of thermal protection systems (ablator, carbon/
carbon, and the low weight insulators), but the comparison between the low weight insulators.
From these figures it can be seen that the TPS unit weight for HTP-6 is less than that of LI-900

only at the minimum material conditions (MMC) of 0.813 cm for the tiles. LI-900 was consis-
tently lighter than all other insulators until MMC was achieved.

Gomez, 25 Stuart, 26 and Robinson 37 provided cumulative area distributions as a function of S/L
for the raked cone, domed cylinders, and 12.2 m AFE. From the TPS unit weights, along with
the area distributions, the TPS weights can be calculated for each vehicle, and hence, the
weight penalty. The results of these calculations are summarized in figure 30, which shows the
TPS weight penalty for all Earth entry vehicles analyzed as a function of angle-of-attack, and
figure 31 which shows the weight penalty for the biconics and 12.2 m AFE as a function of entry
velocity at Mars. Figure 32 shows the TPS weight penalty as a function of the ballistic coeffi-

cient (m/CLS) for all vehicles; however, this tends to obscure the data for the biconics.

It should be observed that for the raked cone and the domed cylinder entering at o_= 57 °, only

the advanced RFC material was required. The NACC system was not required. Likewise, for
the MRSR vehicles the 0.3 m RN vehicle could have been developed using a carbon/carbon
system (no margin) without resorting to advanced material technology, and to an all RSI system
using advanced material technology. In contrast, the 0.61 m RN biconic entering at 6 km/s can

be designed with a low weight RSI TPS using current material technology.

Figure 33 shows the relationship between TIs and TIT for each vehicle to arrive at the total weight
penalty TITS. It is interesting to observe that the driving penalty factor for the LTVs is due to the
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inherentstructurerequiredto supporttheTPS. Ina similarvein,figure34 showsthesame
informationwitha 20%uncertaintyfactorincluded. Evenwith theuncertaintyfactor a majority

of the vehicles had a total TPS weight penalty, _TS, of less than 25%. Typical results for the
high angle-of-attack domed cylinder and 12.2 m AFE can be seen in figures 30 through 32. The
weight penalty of 16% for the raked cone yields a 77% increase in payload over an all-propul-
sive stage for a lunar surface to LEO mission. This approximation to increase in payload is
taken from Roberts '1 and is duplicated in figure 35. For the domed cylinder entering at 57 ° the

savings are even greater; the 15% weight penalty yields a 78% increase in payload.

The weight penalty for the MRSR vehicles appears to increase by approximately 7% for each 2
km/s increase in relative velocity, but if advanced material technology can be used this increase
can be cut in half, see figure 31. The most economical ablative system appears to be one with
SIP under the ablator. Even at 12 km/s the total TPS weight penalty was only 22%. This is
approximately the same magnitude as for the expendable 4.37 m CM analyzed for the LTV
missions.

The 12.2 m AFE had an 11TS of 20.2% using current material technology and 11.4% using
advanced material technology, which is less than half of that required for the unmanned SRC

previously analyzed.

An overall comparison of the advantages that can be gained using aerobraking can be summa-
rized by only considering the percent increase in payload over an all-propulsive system. In table

VI these benefits are summarized for the three vehicle classes (AFE, biconic or domed cylinder,
and Apollo CM) that were studied in this analysis. Graphically, this same information is pre-
sented in figure 36. It is fairly interesting to observe that reusable vehicles tend to provide a
greater increase in payload than expendable vehicles, and all vehicles can provide an increase
in payload of 50% to 85% over an all-propulsive system

Also of interest is the relationship between the surface area and weight for each TPS. This is
illustrated graphically in figures 37 and 38 for the 57 ° Domed Cylinder. In this case, the RFC

covers 42% of the TPS surface and consists of 74.8% of the TPS weight. In direct contrast
FRSl covers 44.2% of the surface area, but contributes only 10.7% to the total TPS weight.
Similarly, in figures 39 and 40, the relative TPS areas and mass for the 10 km/s Biconic can be

seen. These two figures show the relative proportion for the different insulation materials using
current material technology for an ablative TPS. In this case, the ablator covers 14.2% of the
surface area and contributes to 34.1% of the TPS weight. LI-900 covered 84.5% of the surface,
but contributed to only 63.7% to the TPS weight.

Concluding Remarks

An investigation was made for 5 crew-carrying LTVs, 5 unmanned MRSRs, and one crew-
carrying vehicle that aerobraked at Mars and returned to aerobrake at Earth. For each vehicle
analyzed, aerobraking was determined to be more efficient than an an-propulsive system.

A comparison was made against different competitive TPS designs for LTVs. Three of the
reusable LTV designs were more efficient than for the expendable design: the raked cone and
the two high angle-of-attack domed cylinders. Of these, the two domed cylinders were slightly

more efficient than the raked cone, with the 57 ° angle-of-attack vehicle yielding the lowest _TS
(15.1%).

Five unmanned MRSR vehicles were analyzed and the most efficient, with respect to TITS, was
the 0.61 m RN biconic aerobraking at the lowest, 6 km/s, relative velocity. If the relative velocity
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is doubledthevehiclecanstill bedesignedwitha weightpenaltyof lessthan27%usingcurrent
materialtechnology,andlessthan23%usingadvancedmaterialtechnology.Whilethese
systemswill requireanablator,it doesdemonstratethat thetransittimecanbe reducedwhile
maintainingthe inherentadvantagesof anaerobrakingTPS.

A vehiclesizedto carrya crewandsupplies,the 12.2m AFE, was analyzed for an aerocapture
at Mars followed by an aerocapture at Earth. The results of this analysis indicated that the TPS

is sized primarily by the Earth aerocapture, and demonstrates that aerobraking is a viable
alternative to an all-propulsive system for a large vehicle. Assuming advanced material technol-
ogy, a weight penalty, _TS, of 11% Was achieved, whereas if current material technology is used
the weight penalty is 20%. If alternate vehicle designs were analyzed the weight penalty could
possibly be reduced even further.
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Table I - Basic Vehicle and Trajectory Design Parameters

Vehicle

SRC

Description Entry Relative L/D (x y nYCLS
mass Velocity

kg km/s deg deg kg/m2

1.8m Diam. 329 11.8 0.280 2 0 -5.7 1358.3
Mars Return

Scaled-Up 4.4m Diam. 7,938 10.6 0.300 2 0 -5.7 1358.3
Apollo CM LTV
Raked Cone 18.3m x 14.6m 26,630 10.6 0.350 17" -5.1 311.5

Modified AFE- LTV
"D'omed 10.7m Diam. 28,217 10.6 0.500 40 -5.2 409.1

Cy.!.i.n.d..er.._. 22.86m Long - LTV
Domed 8.5m Diam. 29,837 10.6 0.407 5 5 -5.7 548.3
C_.!inder 19.81 m Long_LTV
Domed 8.5m Diam. 29,837 10.6 0.385 5 7 -5.5 555.6
__Cylinder 19.81 m Long.- LTV
Biconic .3048m RN 5,001 5.9 1.000 27 -10.2 390.6

9.906m Long - MRSR
Biconic .3048m RN 5,001 5.8 1.000 27 -10.2 390.6

9.906m Long - MRSR
Biconic .6096m RN 5,001 5.8 1.000 20 -10.2 390.6

9.906m Long - MRSR
Biconlc .6096m RN 5,001 7.8 1.000 2 0 -11.4 390.6

9.906m Long - MRSR
Biconic .6096m RN 5,001 9.8 1.000 2 0 -11.8 390.6

9.906m Long_-MRSR
Biconic .6096m RN 5,001 11.8 1.000 20 -12.1 390.6

9.906m Long.- MRSR
AFE 12.2m Diam. 22,680 7.8 0.280 17" -11.0 511.2

Entry.at Mars
AFE 12.2m Diam. 13,'i51 11.7 0.280 17' -5.1 296.4

Mars Return
II

* Angle of attack for Natural Trim, ¢x= 0 ° otherwise.
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Table II - Peak Heating Conditions for the Vehicles

Vehicle Description a Relative Convective Radative Total Tre
Velocity Heating Heating Heating

deg km/s W/cm 2 W/cm2 W/cm 2 °(3

SRC 1,6m Diam, 20 11,8 223,8 36,9 260,7 2626
Mars Return

Scaled-Up 4,4m Diam, 20 10,6 122,7 121,4 244,1 2395
Apollo ca LTV
Raked Cone 18.3m x 14.6m 17" 10.6 44,1 27,1 7i,2 1688

Modified AFE- LTV
Do-o'm'ed 10,7m Diam, 40 10.6 67,0 70,3 137,4 2038
.cy!!..n...d...er 22,86m Long- LTV
Domed 8,5m Diam.
Cylinder 19.81m Long: LTV

55 10.6 67,1 55,7 122,8 1974

Domed 8.5m Diam. 57 10,6
Cylinder 19.81 m Long - LTV
Biconic ,3048m RN 27 5.9

9,906m Long- MRSR
Biconlc .3048m RN 27 5.8
.......................................9:.9.0..6.mL.ong- MRSR
Biconic .6096m RN 20 5,8

9,906m Long - MRSR
Biconic .6096m RN 20 7,8

9,906m Long -MRSR
Biconic ,6096m RN 20 9.8

9,906m Long - MRSR
Biconic ,6096m RN 20 11,8

9.906m Long - MRSR
AFE 12,2m Diam, 17* 7,8

Entw at Mars

60,5 38.0 98.6 1853

99,9 0,0 99,9 1860

62.5 0.0 62.5 1625

44,2 0.0 44,2 1467

121,1 8.9 129,9 2004

237,0 34,2 271,1 2465

455.7 338,7 794,3 3310

31.7 19.5 51.2 1532

AFE 12,2m Diam, 17* 11,7
Mars Return

* Angle of attack for Natural Trim, ¢¢= 0° otherwise,

56.7 65,8 122,4 1972

ii
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Table III - Stagnation Point Heating and Pressure for
the Vehicles Aerocapturing at Earth

1.8m SRC

Rad. Eq.
Time Convective Radiative Combined Temperature

seconds w/cm 2 w/cm 2 w/cm2 oC
0.0 0 4.041 0.003 4.044 683.950

20.00 19,532 0.070 19.601 1146.500
30.00 0.676
40.00 83.108 1.282 84.391 1769.700
50.00 139.710 12.552 152.260 2080.500
55.00 167.170 29.201 196.370 2220.200
60.00 193.050 43.603 236.650 2330.800
65.00 213.700 54.849 268.550 2409.400
70.00 223.800 55.882 279.680 2437.900
75.00 221.990 49,107 271.090 2421.500
80.00 210.070 37,372 247.440 2368.000
90.00 177.380 15.185 192.570 2223.700

100.00 143.560 6.666 150.230 2080.500
105.00 131.530 4.199 135.730 2024.300
110.00 121.090 2.844 123.940 1974.200
120.00 104.970 1.457 106.420 1892.000
150.00 75.675 0.781 76.455 1720.800
200.00 42.638 0.238 42.876 1453.000
250.00 18.885 0.047 18.931 1134.400
300.00 8.016 0.009 8.024 862.710
350.00 3.230 0.001 3.231 631.750
400.00 1.390 0.001 1.391 459.840
424.50 O.939 O.000 O.939 391. 250

Pressure

Atmos.
1.2785E-05
2.9702E-04
1.4047E-03
5.4404E-03
1.5863E-02
2.3482E-02
3.2858E-02
4.3047E-02
5.1368E-02
5.5809E-02
5.5634E-02
4.6376E-02
3.6613E-02
3.2998E-02
3.0091E-02
2.5782E-02
1.8248E-02
8.0300E-03
1.7972E-03
3.3930E-04
6.0937E-05
1.1511E-05
5.3637E-06

12.192m AFE

Rad. Eq.
Time Convective Radiative Combined Temperature

seconds w/cm 2 w/cm 2 w/cm 2 oC
0.0 0 1.519 0.003 1.522 476.550

20.0 0 6.018 0.058 6,076 786.530
40.00 20.723 0.708 21.431 1179.000
60.00 43.302 50.899 94.201 1829.400
70.00 51,690 70.190 121.880 1969.300
80.00 56,669 65.757 122.430 1971.800

Pressure

Atmos.
1.2784E-05
2.0546E-04
2.4911E-03
1.1953E-02
1.8445E-02
2.4513E-02
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Table III - Stagnation Point Heating and Pressure for
the Vehicles Aerocapturing at Earth (Continued)

12.192m AFE (Continued)

Ti me Convective Radiative
seconds w/cm 2 w/cm 2 w/cm 2
90.00 58.859 58.484 117.340
95.00 59.079 55.065 114.140

100.00 59.240 45.467 104.710
110.00 53.968 22.861 76.829
120.00 45.790 13.208 58.997
140.00 34.076 2.397 36.473
160.00 26.831 1.086 27.917
180.00 21.966 0.520 22.486
200.00 17.458 0.313 17.771
250.00 8.544 0.073 8.616
300.00 3.836 0.015 3.851
350.00 1.680 0.002 1.682
400.00 0.801 0.001 0.802

4.37m Apollo CM

Rad. Eq.
Combined Temperature Pressure

oC Atmos.
1948.100 3.0058E-02
1932.800 3.2691E-02
1885.700 3.4565E-02
1725.000 3.2639E-02
1597.300 2.8333E-02
1385.400 2.0816E-02
1278.200 1.6256E-02
1196.500 1.2856E-02
1112.600 9.2028E-03

883.200 2.6314E-03
672.350 5,5246E-04
495.520 1.1372 E-04
365.710 2.5984E-05

Time Convective Radiative Combined
seconds w/cm 2 w/cm 2 w/cm 2

0.0 0 1.270 0.001 1.271
20.00 1.978 0.035 2.013
40.00 30.063 0.876 30.939
60.00 84.209 53.351 137.560
65.00 98.554 77.706 176.260
70.00 109.970 107.330 217.300
74.00 113.490 117.800 231.290
80.00 122.680 121.430 244.120
84,00 123.250 98.202 221.450
94.00 116.550 46,780 163.330

104.00 99.349 21.132 120.480
154.00 50.230 2,922 53,153
204.00 30.971 0.806 31.777
304.00 5.941 0.024 5.965
445.00 0.427 0.000 0,427

Rad. Eq.
Temperature Pressure

oC Atmos.
443.560 1.0281 E-05
530.890 2.3975E-04

1318.600 6.0949 E-03
2038.200 4.9806E-02
2185.900 6.9429E-02
2318.000 9.07861=-02
2358.800 1.11551=-01
2394.500 1.2928E-01
2330.300 1.42321=-01
2139.600 1.4550E-01
1962.800 1.2254E-01
1549.200 5.0456E-02
1329.300 2.3936E-02

781.670 9.5892E-04
272.440 5.2148E-06

22



Table III - Stagnation Point Heating and Pressure for
the Vehicles Aerocapturing at Earth (Continued)

18.288m x 14.63m Raked Cone

Rad. Eq.
Time Convective Radiative Combined Temperature

seconds w/cm 2 w/cm 2 w/cm 2 oC
0.0 0 0.463 0.001 0.464 284.220

20.00 1.980 0.024 2.005 530.110
40.00 11.474 0.036 11.510 978.670
60.00 35.216 21.166 56.381 1576.400
70.00 42.377 29.326 71.703 1690.900
75.00 44.091 27.147 71.237 1687.600
80.00 43.671 23.140 66,811 1656.400

100.00 36.294 4.611 40.905 1432.600
140.00 21.188 0.596 21.785 1185.300
200.00 12.109 0.257 12.366 986.440
300. O0 2. 630 O.047 2. 677 590. 330
400.00 0.964 0.010 0.973 397.330
500. O0 O.245 0.001 0.247 202. 280
600.00 0.086 0.000 0.086 93.000

40 ° Domed Cylinder (10.67m x 22.86m)

Ti me Convective Radiative

seconds w/cm 2 w/cm 2 w/cm 2 oC
0.00 0.560 0.001 0.561 311.440

2 5.0 0 3.893 0.059 3.952 678.670
50.00 32.424 8.841 41.265 1437.600
70.00 57.914 53.885 111.800 1921.400
80.00 66.993 70.341 137.330 2037.600
90.00 70.466 62.158 132.620 2017.000
95.00 72.508 54.202 126.710 1991.400

110.00 67.526 24.525 92.051 1817.600
130.00 56.427 9.096 65.523 1647.600_
200.00 33.979 1.397 35.376 1373.1 O0
300.00 4.869 0.072 4.941 733.110
450.00 0.143 0.004 0.147 142.560

Rad. Eq.
Combined Temperature

Pressure

Atmos.
1.0280E-05
1.7198E-04
2.9877E-03
2.0706E-02
3.2665E-02
3.6656E-02
3.8321 E-02
2.7003E-02
1.3131E-02
7.5184E-03
1.7334E-03
3.5549E-04
5.7362E-05
8.2826E-06

Pressure

Atmos.
1.0281 E-05
3.9319E-04
1.1499E-02
4.5691E-02
6.2668E-02
7.3844E-02
7.9246E-02
7.5729E-02
6.0971 E-02
2.8231 E-02
2.8392E-03
1.5326E-05
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Time

seconds
0.00

20.00
40.00
60.00
70.00
75.00
80.00
85.00
90.00

100.00
150.00
200.00
300.00
450.00

Tlme

seconds
0.00

20.00
40.00
60.00
70.00
77.00
80.00
85.00
90.00

110.00
150.00
200.00
300.00
450.00

Table Iii - Stagnation Point Heating and Pressure for
the Vehicles Aerocapturing at Earth (Continued)

55 ° Domed Cylinder (8.53m x 19.81m)

Convective Radiative
w/cm 2
0.567
2.603

17.986
48.032
62.258
67.073
68.899
69.090
67.084
60.551
40.036
27.817

3.191
0,118

Red. Eq.
Combined Temperature

w/cm 2 w/cm2 o C
0.001 0.569 313.170
0.028 2.632 586.440
0.594 18.579 1127.400

28.486 76.518 1722.900
52.319 114.580 1934.900
55.723 122.800 1973.500
51.218 120,120 1961.100
41.685 110.770 1916.400
34.626 101.710 1870.100
15.503 76.054 1719.900
2.179 42.215 1447.200
0.590 28.408 1285,000
0.044 3.236 632.610
0.000 0.118 122.720

Pressure
Atmos.

1.0280E-05
1.9602E-04
3.9808E-03
3.0253E-02
5.1689 E-02
6.0980E-02
6.7353E-02
6.9863E-02
6.8384E-02
5.9690E-02
3.3390E-02
1.8551 E-02
1.7315E-03
1.0128E-05

57 ° Domed Cylinder (8.53 x 19.81m)

Rad. Eq.
Convective Radiative Combined Temperature Pressure

w/cm 2 w/cm 2 w/cm 2 oC Atmos.
0.569 0.000 0,569 313.010 1.0280E-05
2.420 0.025 2.445 570.830 1.7191E-04

14.027 0.430 14.457 1042.900 3.0044 E-03
42.763 18.896 61.659 1618.100 2.2053E-02
53.544 34.784 88.329 1795.900 3.7793E-02
59.321 39.074 98.395 1852.400 4.4954E-02
60,547 38.030 98.577 1853.400 5.0299E-02
60.739 32.730 93.470 1825.300 5.3082E-02
59.729 26.602 86.331 1784.100 5.3047E-02
51.172 8.378 59.550 1601.700 4.3251E-02
38.961- - - 2.037 40.998 i434.600 2.9035E-02
27.203 0.580 27.783 1276.400 1.6788E-02

5.297 0.079 5.376 754.590 3.0428E-03
0.327 0.000 0.327 237.260 6.7642E-05
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Table IV - Stagnation Point Heating and Pressure for
the Vehicles Aemcapturing at Mars

12.192m AFE

TI me Convectlve Radlatlve
seconds wlcm 2 wlcm 2 wlcm 2

0.00 0.320 0.000 0.320
2 0.0 0 1.858 0.003 1.861
40.00 7.511 0.346 7.857
6 0.00 19.628 6.202 25.830
70.00 25.762 11.423 37.185
80.00 29.839 17.340 47.179
90.00 31.709 19.501 51.210

100.00 31.255 17.112 48.367
1 1 0.00 28.900 10.649 39.549
1 20.00 25.394 2.514 27.908
1 40.00 18.162 0.012 18.174
1 60.00 13.201 0.003 13.204
1 80.00 9.801 0.001 9.802
200.00 7.171 0.000 7.171
250.00 3.902 0.000 3.902
300.00 2.429 0.000 2.429
400.00 1.099 0.000 1.099
500.00 0.507 0.000 0.507

Time

seconds

0.00
20.00
40.00
60.00

70.00
80.00
90.00

100.00
110.00

120.00
130.00
150.00
170.00

Combined Temperature
°C

234.580
515.240
856.850

1248.400
1393.500
1495.700
! 532.300
1506.700
1419.300
1278.100
1120.400
1013.400

921.090
831.350
675.470
569.460
417.900
296.540

6 km/s Biconic (0.3048m nose Radius)

Convective Radiative
w/cm 2 w/cm 2

0.611 < 0.01
2.135
6.360

16.018
23.638
32.849
42.863
52.314
59.311
62.537
62.488
60.724
57.915 < 0.01

Rad. Eq.
Combined Temperature

w/cm 2 oC

0.611 323.560
2.135 542.670
6.360 798.670

16.018 1077.100
23.638 1215.000
32.849 1342.600
42.863 1453.700
52.314 1541.900
59.311 1599.800
62,537 1624.800
62.488 1624.400
60.724 1610.800
57.915 1588.700

Pressure

Atmos.

2.9157E-06
9.7676E-05
1.6196E-03
1.1807E-02
2.1890 E-02
3.2905E-02
4.3164E-02
5.0177E-02
5.2589E-02
5.0982E-02
4.2688E-02
3.4046E-02
2.6792E-02
1.9046E-02
8.7737E-03
4.2243E-03
9.9772E-04
2.1589 E-04

Pressure

Atmos.

1.6054E-06
1.9764E-05
1.8291 E-04
1.2077E-03
2.6930E-03
5.3451E-03
9.4104E-03
1.4595E-02
1.9664E-02
2.2964E-02
2.4084E-02
2.5128E-02
2.5317E-02
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Time

seconds

200.00
300.00
400.00
600.00
800.00

Time

seconds
0.00

20.00
40.00
60.00
70.00
80.00
90.00

100.00
110.00
120.00
130.00
150.00
170.00
200.00
300.00
400.00
600.00
800.00

Time

seconds

0.00
20.00
40.00

Table IV - Stagnation Point Heating and Pressure for
the Vehicles Aerocapturing at Mars (Continued)

6 km/s Biconic (0.3048m nose Radius) (Continued)

Convective Radiative

w/cm 2 w/cm 2

52.748 < 0.01
36.475
25.644
14.508

6.081 < 0.01

6 km/s Biconic

Rad. Eq.
Combined Temperature

w/cm 2 o C

52.748 1545.700
36.475 1385.400
25.644 1245.600
14.508 1044.1 O0

6.081 786.780

(0.6096m nose Radius)

Convective Radiative
w/cm2 w/cm 2

0.431 < 0.01
1.509
4.496

11.326
16.715
23.228
30.308
36.992
41.939
44.220
44.186
42.938
40.953
37.298
25.793
18.133
10.259

4.300 < 0.01

Pressure

Atmos.

2.4474E-02
1.8761 E-02
1.3642E-02
7.5309E-03
1.6411E-03

Combined Temperature Pressure
w/cm 2 o C Atmos.

0.431 274.060 1.6054E-06
1.509 475.000 1.9764E-05
4.496 709,720 1.8291 E-04

11.326 965.000 1.2077E-03
16.715 1091.500 2.6930E-03
23.228 1208.500 5.3451E-03
30.308 1310.400 9.4104E-03
36.992 1391.300 1.4595E-02
41.939 1444.400 1.9664E-02
44.220 1467.300 2.2964E-02
44.186 1466.900 2.4084E-02
42.938 1454.500 2.5128E-02
40,953 1434.200 2,53171=-02
37.298 1394.700 2.4474E-02
25.793 1247.800 1.8761 E-02
18.133 1119.600 1.3642E-02
10.259 934,780 7.5309E-03

4.300 698,780 1.6411E-03

8 km/s Biconic (0.6096m nose Radius)

Convective Radiative Comblned Temperature
w/cm 2 w/cm 2 w/cm 2 oc

1.220 0.113 1.334 452.200
7.048 0.340 7.388 839,600

32.560 0.794 33.355 1348.800

Pressure

Atmos.

2.9159E-06
1.1 236E-04
2.1607E-03
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Time

seconds

60.00
80.00
90.00

100.00
110.00
120.00
150.00
200.00
250.00
300.00
350.00
400.00
500.00
60.0.00
700.00
800.00
900.00

1000.00

Table IV - Stagnation Point Heating and Pressure for
the Vehicles Aerocapturing at Mars (Continued)

8 km/s Biconic (0.6096m nose Radius) (Continued)

Convective Radiative Combined Temperature
w/cm 2 w/cm 2 w/cm 2 oC

92.028 1.657 93.685 1826.500
149.120 6.582 155.930 2111.700
158.430 8.228 166.660 2151.700
162.180 8.512 170.690 2166.300
161.610 8.852 170.460 2165.400
157.860 7.944 165.810 2148.600
138.800 5.402 144.200 2065.600
107.740 1.555 109.290 1909.000

85.253 0.681 85.934 1781.700
69.331 0.340 69.671 1676.700
57.573 O.113 57.687 1586.800
48.528 0.011 48.562 1508.500
35.772 0.001 35.795 1377.700
27.487 0.000 27.487 1272.200
21.960 21.960 1187.900
15.832 15.832 1073.100

8.732 _ 8.732 887.070
4. 709 4. 709 721.1 O0

10 km/s Biconic (0.6096m nose Radius)

Time Convective Radiative Combined Temperatu
seconds w/cm 2 w/cm 2 w/cm 2 oC

0.00 2.077 2.077 537.t 10
1 0.00 6.885 6.885 820.170
20.00 20.144 20.144 1156.700
30.00 49.966 0.000 49.966 1521.200
40.00 102.360 1.021 103.390 1878.900
50.00 158.890 8.625 167,460 2154.600
60.00 214.840 16.115 230.950 2357.800
70.00 236.060 26.897 263,000 2444.700
8 0.0 0 236.970 34.160 271.070 2465.300
9 0.0 0 224.250 33.139 257,360 2430.000

1 00.00 207.000 29.621 236.650 2373.900
11 0.00 191.170 25.649 216,790 2316.500
1 20.00 175.340 22.471 197.850 2258.000
140.00 150.370 16.342 166.690 2151.800

re

Pressure

Atmos.

1.7623E-02
4.7762E-02
5.4395E-02
5.7846E-02
5.9118E-02
5.8731 E-02
5.3110E-02
4.2223E-02
3.3730E-02
2.7339E-02
2.2456E-02
1.8654E-02
1.3221E-02
9.6187E-03
7.1491E-03
3.5832E-03
1.1999 E-03
3.8043E-04

Pressure

Atmos.

4.6141E-06
5.1696E-05
4.4991 E-04
2.8609E-03
1.2802E-02
3.7478E-02
6.9265E-02
9.3705E-02
1.0621E-01
1.0660E-01
1.01 37E-01
9.5009E-02
8.8982E-02
7.8486E-02
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Time
seconds
150.00

170.00
190.00
200.00
250.00
300.00
350.00
400.00
500.00
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1000.00

Table IV-

Table IV - Stagnation Point Heating and Pressure for
the Vehicles Aerocapturing at Mars (Continued)

10 km/s Biconic (0.6096m nose Radius)

Convective Radiative Combined Temperature
w/cm 2 w/cm 2 w/cm 2 o C

140.240 13.165 153.450 2102.200
119.960 9.533 129.490 2003.500
105.020 5.901 110.870 1916.800

97.555 4.880 102.470 1874.100
70.193 0.227 70.455 1682.200
51.797 0.000 51.797 1537.400
40.005 40.005 1424.200
31.743 31.743 1328.800
21.291 21.291 1176.600
15.242 15.242 1060.400
11.474 11.474 969.060

8.785 8.785 888.830
2.871 2.871 605.440

Stagnation Point Heating And Pressure For The Vehicles
At Mars (Continued)

12 km/s Biconic (0.6096m nose Radius)

Time ConvecUve Radiative Combined Temperature
seconds w/cm 2 w/cm 2 w/cm 2 oC

0.00 3.995 0.000 3.995 681.060
10.00 18.136 0.000 18.136 1119.700
1 9.00 60.762 0.000 60.762 1611.200
20.00 65.495 0.681 66.176 1651.800
30.00 177.380 24.060 201.400 2269.300
40.00 343.530 173.410 516.940 2944.900
50.00 455.660 338.650 794.310 3309.700
60.00 444.990 260.230 705.220 3204.700
70.00 386.660 128.810 515.470 2942.600
80.00 335.700 99.530 435.250 2809.400
90.00 299.160 70.250 369.440 2685.700

1 00.00 268.520 40.970 309.530 2557.600
1 20.00 224.940 33.820 258.700 2433.500
1 40.00 189.190 25.649 214.860 2310.700
1 50.00 175.870 21.676 197.510 2256.900
1 70.00 149.240 16.229 165.480 2147.400

Pressure

Atmos.
7.3899E-02
6.5803E-02
5.8901 E-02
5.5827E-02
4.3341 E-02
3.4405E-02
2.7798E-02
2.2783E-02
1.5821 E-02
1.1341 E-02
8.3309E-03
5.9730E-03
6.7961E-04

Aerocapturing

Pressure

Atmos.

6.7006E-06
1.4316E-04

1.9784E-03
1,6934E-02
7.5455E-02
1.5669E-01
1.8156E-01
1.6431 E-01
1.4573E-01
1.3380E-01
1.2461E-01
1.0821 E-01
9.4434E-02
8.8478E-02
7.8077E-02
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Time

seconds

190.00
200.00
250.00
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Table IV - Stagnation Point Heating and Pressure for
the Vehicles Aerocapturing at Mars (Continued)

12 km/s Biconic (0.6096m nose Radius) (Continued)

Convective Radiative Combined Temperature
w/cm2 w/cm 2 w/cm 2 oC

129.340 10.895 140.190 2049.200
119.390 9.420 128.810 2000.500

85.162 2.270 87.409 1790.400
84.686 0.000 84.686 1774.200
6i.477 61.477 1616.700
46.417 46.417 1488.500
36.305 36.305 1383.600
23.810 23.810 1217.700
16.762 16.762 1092.500
12.461 12.461 994.940

9.518 9.518 912.330

Pressure

Atmos.

6.9328E-02
6.5466E-02
5.0045E-02

3.9216E-02
3.1364E-02
2.5493E-02
1.7480E-02
1.2423E-02
9.0620E-03
6.7468E-03
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Table V - Material Temperature Limits for TPS Materials

TPS Material

AVCO-5026-H/CG

New Advanced Carbon/Carbon
Advanced Carbon/Carbon
Cerachrome
RFC
FRCI-12
LI-900
RTV-560
HTP-6
NOMEX felt

FRSI (C-9 coated NOMEX)

SIP (RTV-560/NOMEX/RTV-560)

Temperature
Limit
oC

No upper limit
assumed

2094
1649
1483
1927
1483
1371
288
1483
444
371
288
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Table VI - Typical Benefits of Aerobraking

These vehicles provide from 17% to 85% Increase in payload

Vehicle Class

AFE
Mars Entry
Mars Return
Lunar Return

Biconic/Domed Cyl
Mars Entry
Lunar Return

Apollo
SRC Mars Return
Lunar Return

A Payload

84 - 85 %
68 - 82 %
76 - 77 %

55 - 80 %
57 - 78 %

17 - 50 %
65 - 67 %
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